During the Apollo era, studies were performed which showed that lunar cargo delivery systems using electrically propelled cargo spacecraft could deliver payloads of more mass than systems using only chemically propelled spacecraft. These studies also showed that this mass could be delivered at a fraction of the cost when compared with the cost of chemically propelled spacecraft missions. Over forty years later, this concept is revisited from the perspective of NASA's Vision for Space Exploration and present technology capabilities. Cargo delivery systems using both chemically and electrically propelled cargo spacecraft are compared for sustained lunar supply campaigns. The results of these analyses show that due to increases in technology capabilities over the past forty years, now more than ever, electrically propelled cargo spacecraft provide a cost effective, near optimal mass transport solution for lunar cargo supply operations. 
B. Mission Trajectory
Chemical and nuclear propelled spacecraft are characterized by short burn times, while electrically propelled spacecraft are characterized by long burn times. These long burn times are due to the fact that modern spacecraft do not have sufficient electrical power to allow impulsive burns of electric thrusters. These long burn times result in a different delta V and trajectory for each type of spacecraft and mission. Trajectories for chemical spacecraft have the shape of a single arc, while trajectories for electric spacecraft have the shape of a spiral, such as the theoretical lunar trajectory shown in Figure 3 from Reference 1 or the lunar trajectory for European Space Agency's SMART-1 spacecraft which can be seen at the web site in Reference 2. Aerojet's Near Earth Trajectory code 3 was used in this study to calculate the delta V requirements for chemical and electric maneuvers. Two types of launch vehicles were considered in this study: ESAS designed launch vehicles and available or planned EELVs such as the Atlas V and Delta IV. The ESAS report assumed an initial launched orbit of 56km x 296km at 28.5 degrees inclination (herein referred to as CaLV orbit). Because this orbit has a low altitude and is non-circular, a separate upper stage is needed to circularize and raise the spacecraft's orbit to prevent re-entry. The Atlas V and Delta IV payload planner's guides provide information on payloads launched to a 407km circular orbit at 28.5 degrees inclination. This orbit was chosen as the baseline LEO for this study. The ESAS report assumed a 100km circular lunar orbit as the final orbit before descent to the surface of the Moon. This orbit was chosen as the baseline LLO for this study. The orbits selected for this study are shown in Table 1 . Several assumptions were made for the solar electric propulsion (SEP) spacecraft used for lunar and Earth transfers. This study assumes that the available solar power does not change from LEO to LLO. This study also takes into account eclipse, at which time the thrusters are not powered. The Aerojet studies determined that there is little to be gained by thrusting during the short eclipse periods and that the energy storage systems required to provide power for propulsion during eclipse add additional mass to the spacecraft without a substantial reduction in trip time. 
C. Cargo Requirements
The ESAS recommendation for the deployment of a lunar outpost was to use an incremental build strategy that delivered small payloads gradually over several years (p.24 of Reference 4). The ESAS report identified two classes of payloads (p.172 of Reference 4). The first class encompasses payloads less than 2Mg and eight of these payloads were identified. The second class of payloads encompasses payloads between 10Mg and 15Mg. The ESAS report identifies four of these payloads. For this study, it was assumed that one or two human missions could be expected per year prior to the completion of the lunar outpost, thus it was decided that a cargo delivery system must only be capable of round trip times less than one year.
III. NASA's Baseline Chemically Propelled Cargo Delivery System

D. Overview
The ESAS report was analyzed to understand NASA's approach to lunar cargo delivery missions. The ESAS recommended method for cargo delivery is shown in Figure 4 . This system uses chemical propulsion to deliver crew and cargo to the lunar surface. The ESAS report recommends sending cargo less than 2Mg in small increments along with the crew over many missions. The ESAS report also recommended a few cargo only missions for payloads between 10Mg and 15Mg. 4 The ESAS recommended architecture requires large launched masses to deliver crew and cargo to the lunar surface. NASA viewed these launched masses to be large enough that two launchers, one for cargo and one for crew, are required by the architecture. For cargo only missions, an initial launched (to CaLV orbit) mass of 125Mg is required. In addition, the architecture requires a massive Lunar Surface Access Module (LSAM) that is larger than what would be required to deliver a crew separately from the cargo. For cargo missions, there is no Earth return phase and all system elements are used in an expendable manner, except for possible recovery and refurbishment of launch vehicles.
E. Launch Phase
Two launchers are used in the ESAS architecture to deliver the crew and cargo payloads. The launch phase is performed by a Crew Launch Vehicle (CLV) and a Cargo Launch Vehicle (CaLV) for 2Mg cargo missions, or a CaLV alone for >10Mg cargo only missions. The CaLV is projected to be a Space Shuttle derived launcher comprised of two 5-segment versions of the Space Shuttle solid rocket boosters (SRBs) attached to a LOX/LH2 first stage. Payloads are positioned on top of the first stage as opposed to the side mounted configuration of the Space Shuttle. The CaLV is equipped with an Earth Departure Stage (EDS), which performs orbit raising and circularization to an assembly orbit of 296km x 296km. The ESAS report lists a specific impulse of 452s for the EDS (p.432 of Reference 4). The CLV is comprised of a 4-segment SRB topped by a LOX/LH2 second stage. CLV payloads are positioned on top of the second stage, with the crew riding in the Crew Exploration Vehicle (CEV). The ESAS recommended launch vehicles are shown in Figure 5 with a Saturn V and a Space Shuttle for scale reference. The CLV, projected to be available beginning in 2011, is being designed to deliver 25Mg to CaLV orbit. The CaLV, projected to be available in 2018, is being designed to deliver 125Mg to CaLV orbit. 4 For the purposes of this study the CLV is projected to cost 400$M per launch and the CaLV is projected to cost 500$M per launch based on information from Reference 5. 
F. Trans-Lunar Phase
In the ESAS architecture, the EDS performs the TLI phase of the mission and separates from the LSAM sometime before the LOI phase. The LSAM then performs the LOI phase of the mission with the CEV attached. The ESAS report lists a delta V of 1390m/s for the LOI maneuver (p.167 of Reference 4). Both the EDS and LSAM are projected to use LOX/LH2 for propellant, which provides a specific impulse of 452s (propellant type from p.24 and specific impulse from p.431 of Reference 4). The EDS is very similar in form and function to the Saturn IV-B used in Apollo. Pages 47 and 431 of the ESAS report list that the expendable EDS will have an estimated mass over 227Mg and be capable of operating for 154s to insert 54.6Mg into TLI for cargo only transfers. 4 Page 432 of the ESAS report shows two options for the EDS both with a propellant mass fraction of 0.91.
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G. Descent Phase
After arrival in LLO the CEV detaches from the LSAM and the LSAM performs the Descent phase, delivering cargo to the surface of the Moon. Page 167 of the ESAS report lists a delta V requirement of 1900m/s for the Descent Phase, allowing for global lunar access. 4 The LSAM is similar in function to the Apollo LM, but is substantially more massive due to the large cargo masses and increased delta V associated with the ESAS architecture. One major difference between the LSAM and LM is that the LSAM will use LOX/LH2 propellant, while the LM used N2O4/UDMH. The ESAS report gives some information about the LSAM that allows a scaling relationship to be developed based on cargo and propellant masses. Lander, propellant, and cargo masses from page 164 of the ESAS report and Apollo are shown in Table 2 . 4 It can be seen from these data that the decent stage is 0.16 to 0.21 times the sum of the cargo and propellant masses and that this ratio is applicable regardless of propellant type.
Based on the data shown in Table 2 , a mass model was developed for notional LSAMs. A conservative value of 0.2 was selected as the ratio of descent stage mass to descent propellant mass plus cargo mass as shown in Equation 1 . Using this mass model derived from the ESAS report and the Apollo LM, a maximum cargo mass can be estimated using the ESAS reported delta Vs of 1390m/s and 1900m/s (page 165 of Reference 4) and working the rocket equation to calculate a maximum cargo capability of the ESAS architecture. Assuming the ESAS reported mass of 54.6Mg in TLI (p.431 of Reference 4), the LSAM would require 14.7Mg of LOX/H2 to perform the LOI maneuver, resulting in a mass of 39.9Mg in LLO. The descent maneuver would then be performed requiring 13.9Mg of LOX/H2, delivering 26.0Mg to the lunar surface. The total propellant mass required by the LSAM was 28.6, which agrees well with the ESAS reported values shown in Table 2 . Using the mass model in Equation 1, the LSAM mass was calculated to be 9.1Mg with a cargo mass of 16.9Mg . These values agree well with the ESAS reported values in Table 2 , but are slightly higher than the ESAS values because the initial mass for this study was higher than the LSAM total masses listed in Table 2 . For this study the total TLI mass was used as the LSAM wet mass because this study dealt with cargo only missions, whereas the ESAS dealt with combined crew and cargo missions. 
H. Overview
Analysis of notional chemically propelled cargo delivery systems was performed using the ESAS as a guide. The analysis focused on major delta V maneuvers, neglecting delta Vs required for staging and attitude control. While the solutions generated from this method are not optimal, they provide a good starting point for system comparisons. The delta Vs required to perform various maneuvers for cargo delivery missions were calculated using Aerojet's Near Earth Trajectory code. The results of these calculations were combined with ESAS reported values to establish a table of delta Vs for each maneuver in cargo delivery missions, which is shown in Table 3 . 
I. All Chemical 2t Cargo Delivery System
An analysis was performed to determine the required elements of a chemically propelled cargo delivery system capable of placing 2Mg of cargo on the surface of the Moon. This analysis was performed by beginning with the final mass on the surface of the Moon and working backwards to determine the required mass launched mass. A specific impulse of 452s was used for the specific impulse of the LSAM and the EDS. An LSAM delta V of 3290m/s was used, which includes TLI-LOI and LOI-Lunar Surface from Table 3 . An EDS delta V of 2692m/s was calculated by subtracting the 1390m/s delta V required for the TLI-LOI maneuver (performed by the LSAM) from the 4082m/s delta V required for a LEO-LLO maneuver. This method of analysis assumes that the EDS and LSAM separate some time during the lunar transit phase, such that the EDS mass is not included in any maneuver performed by the LSAM. The LSAM mass model was iterated with the rocket equation yielding an LSAM wet mass of 6.5Mg and an LSAM dry mass of 3.1Mg (including cargo). The rocket equation was then used to calculate the EDS propellant mass, which was used to determine the EDS dry mass based on the ESAS propellant mass fraction of 0.91. The result was an EDS wet mass of 6.5Mg and an EDS dry mass of 0.6Mg. The result of this analysis is that an IMLEO of 13.0Mg is required to deliver 2Mg of cargo to the lunar surface in an all chemical architecture. The Delta IV Medium+ (5,4) is capable of placing this mass in LEO 7 and if this cargo were offloaded from the crew mission, the total launched mass for a crewed mission would decrease substantially. A summary of this analysis is shown in Table 4 . Eight of these systems could deliver the ESAS identified 2Mg class lunar cargos. 
J. All Chemical 15Mg Cargo Delivery System
An analysis was then performed to determine the minimum initial mass for a 15Mg cargo mission. This analysis was performed in the same manner as the 2Mg cargo analysis. A delta V of 3290m/s was used for the LSAM and a delta V of 2690m/s was calculated for the EDS by subtracting the 1390m/s delta V required for the TLI-LOI maneuver (performed by the LSAM) from the 4080m/s delta V required for a CaLV-LLO maneuver. The results of this analysis yielded an LSAM wet mass of 48.5Mg and an LSAM dry mass of 23.1Mg (including cargo). The EDS wet mass was calculated to be 48.5Mg and the dry mass was calculated to be 4.4Mg. The resulting initial mass of this system was 97.0Mg in CaLV orbit. The CaLV/EDS combination is the only launch vehicle under development capable of delivering this amount of mass to orbit. 
V. General Electric's Electrically Propelled Cargo Delivery System
K. Overview
In 1964, General Electric was contracted by NASA under NAS 8-11207 to analyze electric propulsion for support of lunar operations. The study was conducted over a two-year period and developed methods for transport of lunar cargo by electrically propelled spacecraft. Lunar logistics requirements were projected from the Lunar Exploration Systems for Apollo (LESA) study performed by The Boeing Company. 9 Trajectory analysis tools were developed using patched conic methods. The trajectory analysis included an optimized trajectory study and development of simplified equations for quickly calculating trip time for electrically propelled vehicles, such as Equation 2. The equation has been slightly modified from the original text to use SI units and symbols consistent with the present study.
Equation 2 -Simplified Equation for Trip Time of SEP Lunar Cargo Spacecraft
Thruster Thruster
Electric propulsion system analysis was conducted including the design and analysis of a nuclear powerplant, and landing craft, and a study of electric thruster capabilities. The electric spacecraft analysis included consideration of nuclear and solar powerplants for expendable and reusable spacecraft. Spacecraft performance was determined for an entire architecture and cost models were created for comparison of this system with the Apollo baseline architecture. A chemical/nuclear thermal architecture which implemented a nuclear propelled cargo spacecraft was also considered, but it was determined that the capabilities of the SEP system exceeded those of the chemical/nuclear thermal system.
The basis for the GE study was the Apollo architecture of the time. The Saturn V was the baseline delivery vehicle for lunar supply operations. The Saturn V was capable of delivering 118Mg to a 185km circular orbit at 28 degrees and 27Mg to lunar orbit, with the Apollo SM performing the LOI maneuver. The GE study assumed that these components could be improved to deliver 109Mg to a circular Earth orbit of 560km and 31.7Mg to a circular lunar orbit of 37km. A modified version of the Apollo LM was assumed to perform the Descent maneuver, resulting in a delivered cargo of mass 12.7Mg, which is relatively close to the ESAS reported value of 15Mg. In 1966 the Saturn V was assumed to cost 60$M/launch or 0.55$M/Mg of payload which, adjusted for inflation, is 351$M/launch or 3.22$M/Mg of payload in 2005 dollars. Dollar values have been adjusted for inflation using an inflation calculator. 10 Analysis of the projections of post-Apollo activities suggested 2000Mg of mass would be transported to the Moon, consisting of 1000Mg of cargo and 1000Mg of crew and crew support. It was calculated that the Apollo system would require five Saturn Vs to deliver a crew of 10 and 15Mg of cargo for a single lunar expedition.
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The GE electrically propelled cargo delivery system used many of the components of the Apollo baseline system. The Saturn IC, and Saturn II stages were used to launch 109Mg to a circular orbit at an altitude of 560km. An electrically propelled spacecraft then performed the TLI and LOI maneuvers. The delta V for the SEP spacecraft to transfer cargo from the Earth to the Moon was calculated to be 7800m/s. A modified version of the Apollo LM was used to perform the Descent maneuver. The electrically propelled spacecraft performed the TEI and EOI maneuvers after cargo was released in lunar orbit so that it could be re-used, reducing the cost of the system. The electrically propelled spacecraft would then arrive in Earth orbit to dock with more cargo and begin the lunar transit again. Studies of multiple electrically propelled cargo delivery systems were considered including single trip, multi trip, multiple booster, jettison of empty propellant tanks, multiple electric thrusters, and on-orbit component replacement. Mass and cost models were developed for nuclear and solar powered spacecraft. Trajectory analysis studies calculated optimal specific impulses in the range of 4000s to 7000s. Propulsion systems with a specific impulse of approximately 5000s resulted in the lowest system level costs. Table 6 shows two of the electrically propelled cargo delivery system designs from the General Electric study. The Nuclear Electric Propulsion (NEP) system was designed to be expendable, while the SEP system was design to be reusable. The solar option also assumed that the solar arrays would be pre-positioned on-orbit, so the initial mass of the SEP spacecraft is 109Mg plus the solar array mass. The study calculated that two Saturn Vs would be required for an electrically propelled cargo delivery system to accomplish the 10 crew, 15Mg cargo mission aforementioned. In 1966, the solar array specific power was projected to be 10kg/kW with a cost of 500$/W which, adjusted for inflation, is 2929$/W in 2005 dollars. 11 The Unit cost for the solar array includes amortization over an operating timeframe and is thus lower than the Powerplant Cost, which is the total cost of the array. Mercury propellant for the electric thrusters was estimated to be 44$/kg in 1966 or 0.26$M/Mg in 2005 dollars. The General Electric study concluded that either the expendable or the two trip nuclear option was preferable given the cost and mass of solar arrays at that time and the decrease in payload delivery cost for the two trip option. The study also concluded that an electrically propelled cargo delivery system could deliver 150% more payload mass than the Apollo baseline system. While the cost of the electric spacecraft was projected to be more than the chemical spacecraft, it was determined that the net result of implementing an electrically propelled spacecraft was a 50% reduction in payload delivery cost, including both recurring and non-recurring costs, compared to the Apollo baseline. It was projected that a SEP spacecraft could surpass a NEP spacecraft in performance if the solar array specific power could be increased, while its cost was decreased.
Using the information from Table 6 the performance of the GE electrically propelled cargo delivery system was calculated. Equation 3 was used to calculate an electric thruster efficiency of 0.79. The SEP stage delta V requirement was calculated to be 7917m/s using Aerojet's Near Earth Trajectory with inputs from Table 1 . The delta V calculated for the SEP spacecraft is within 1.5% of the 7800m/s calculated by GE showing good agreement over 40 years. The thruster efficiency was calculated to be 0.79 by using Equation 3. The mass of the lander stage was calculated using the N2O4/UDMH propelled Apollo LM value of 0.16 as the ratio of stage mass to cargo mass plus propellant mass. A maximum LM delta V of 1890m/s was calculated using a specific impulse of 311s for the descent stage, which is within 1% of the ESAS calculated delta V of 1900m/s. It should be noted, that a LOX/LH2 lander was designed as part of the GE study including provisions for long duration storage of LOX/LH2 for electric propulsion missions. The results of the updated analysis are shown in Table 7 . The analysis showed that 109.1 Mg would be delivered to LLO leaving ~6.8Mg of residual propellant in the SEP spacecraft. This is more than enough propellant to return to the starting orbit of 550km, leaving an additional 2.7Mg of propellant for maneuvering at Earth. On subsequent missions, only one Saturn V would be required allowing the system to deliver 32.1Mg or more. In order to deliver 1000Mg of total cargo, 32 launches (including 2 for the initial deployment of the SEP spacecraft) would be required for the electrically propelled system versus 79 launches for the Apollo baseline system. Assuming a fixed launch cost of 350$M, the electrically propelled system would cost 13.7$B including the cost of the SEP spacecraft and the chemical system would cost 27.3$B or 2X the cost of the electrically propelled system. A summary of the comparison between the Apollo baseline and the GE system is shown in Table 8 . 
VI. Modern Electrically Propelled Cargo Delivery System
L. Overview Mission analysis was performed for 2Mg and 15Mg cargo missions to determine the performance of a modern electrically propelled cargo delivery system capable of meeting the ESAS architecture requirements. This study used Aerojet's SEP lunar mission analysis tool to provide preliminary inputs into Aerojet's Near Earth Trajectory code. The SEP lunar mission analysis tool takes as inputs delta V, specific impulse, cargo, and SEP spacecraft parameters and designs a lunar lander and SEP spacecraft yielding masses for each mission phase. This tool uses the ESAS derived lander mass model and EDS mass model, which was described previously, and Aerojet's SEP spacecraft mass model to estimate the lunar lander, upper stage, and SEP spacecraft mass, then iterates to find a solution which can deliver the desired amount of cargo. Iteration is necessary for the lander, upper stage, and SEP spacecraft as all scale with propellant mass. Outputs from the SEP lunar mission analysis tool were used as inputs into the Near Earth Trajectory code, which was used to verify that the system would deliver the desired mass to LLO within the allotted timeframe. This analysis required that the SEP spacecraft must be reusable, flying from the Earth to the Moon and back again within 365d. While the SEP spacecraft would likely return to a high Earth orbit, then descend to retrieve additional payloads, the analysis assumed that the SEP spacecraft would return directly to LEO with sufficient propellant remaining so that a substantial amount of maneuvering could be performed to retrieve payloads and account for drag makeup, if it were necessary. Drag calculations were performed on the notional SEP spacecraft to determine the minimum altitude at which the spacecraft could maintain a thrust to drag ratio greater then 10. It was found that the minimum altitude for each SEP spacecraft used for this study was below the selected LEO.
M. Launch Phase
The Delta IV EELV was used as the launch vehicle for 2Mg missions and the CaLV was used as the launch vehicle for 15Mg missions. An upper stage was required for CaLV missions to ensure that payloads were delivered to LEO, which was determined to be a drag safe orbit. The delta V of 135m/s from Table 3 was used for the upper stage. The ESAS reported propellant mass fraction of 0.91 was used to estimate the upper stage dry mass.
N. Lunar Transit Phase
A SEP spacecraft was used to perform the lunar transit phase. The SEP spacecraft design from the Aerojet studies was scaled for this study to meet the mission requirements set forth in the ESAS, which was not available during the original Aerojet studies. This study used Aerojet's SEP spacecraft mass model to estimate the mass of the SEP spacecraft. This tool was designed to estimate the mass of a Hall thruster propelled SEP spacecraft taking into account technologies available or anticipated to be available over the next ten years. Since the cost of the SEP spacecraft is largely driven by the cost of the solar arrays, the cost of the SEP spacecraft was calculated by multiplying the estimated solar array cost by 1.5. More information about the cost and mass of the SEP spacecraft is given in Sections W and X of this work.
O. Descent Phase
While it is anticipated that water could be carried to LLO and then converted into LOX/H2 for the lander, this study assumes that the lander uses N2O4/UDMH, as was used during Apollo, in order to reduce speculation about water conversion technologies, which are presently at TRL 2-3 for space applications. The mass model from Equation 1 was used to determine the LSAM stage mass. The ESAS published delta V of 1900m/s was used for the descent maneuver, allowing the system to have global lunar access. A specific impulse of 311s was assumed for the N2O4/UDMH LSAM based on the reported specific impulse of the Apollo LM.
12
P. Earth Transit Phase and Subsequent Launches
After releasing the LSAM in LLO, the SEP spacecraft returns to Earth for reuse. Since the SEP spacecraft is reusable, the mass launched to Earth orbit on subsequent missions needs only to include the LSAM, SEP spacecraft propellant, and a replacement propulsion system (if deemed necessary). This enables the use of a smaller launch vehicle on subsequent launches, or a larger LSAM if the resulting reduction in trip time can be accepted.
Q. Analysis of an Electrically Propelled Cargo Delivery System for 2Mg Lunar Payloads
An analysis was performed to determine the performance of an electrically propelled cargo delivery system capable of delivering 2Mg payloads to the surface of the Moon. January 1, 2011 was used as the launch date, which corresponds to NASA's anticipated date of availability of the CLV (p.56 of Reference 4) and the restart of human lunar exploration. The year 2005 was chosen as the technology year so that only technologies tested at TRL 4-6 were used. The results of the study are summarized in Table 9 . The system included an LSAM with a wet mass of 5.4Mg including cargo and a SEP spacecraft with a wet mass of 5.2Mg launched from a Delta IV Medium+ (5,2). An IMLEO of 10.6Mg was calculated for the initial mission. On subsequent launches the launches mass would include the LSAM, propellant for the SEP spacecraft, and a replacement SEP propulsion system should it be needed to meet mission throughput requirements. The IMLEO for subsequent launches was calculated to be to 9.0Mg. The reduction in IMLEO on subsequent launches allows the possibility of using a Delta IV Medium if the LSAM can fit within the 4m fairing. If it were possible to use the Delta IV Medium for subsequent launches, the launch cost would be reduced to 133$M, a savings of 17$M per mission. Since the physical size of the LSAM was not investigated in this study, a 5m fairing was assumed fixing the launch cost of 150$M. Launch Vehicle for Subsequent Launches, Mg Delta IV M+ 5.2 or Delta IV Medium depending on payload envelope
R. Analysis of an Electrically Propelled Cargo Delivery System for 15Mg Lunar Payloads
An analysis was performed to determine the performance of an electrically propelled cargo delivery system capable of delivering a 15Mg payloads to the surface of the Moon. January 1, 2018 was used as the launch date to correspond to NASA's anticipated date of availability of the CaLV (p.56 of Reference 4), which is NASA's baseline launcher for launching large cargo missions. The year 2006 was chosen as the technology year so that only technologies tested at TRL 3-5 were used for the study. The technology year was increased by one year from the 2Mg cargo delivery study because the anticipated launch date of 15Mg missions is much later than that of the 2Mg cargo missions. The results of the 15Mg cargo delivery system analysis are shown in Table 10 . The resulting system included an LSAM with a wet mass of 40.6Mg and a dry mass of 21.8Mg (including cargo). A 490kW (thruster input power) SEP spacecraft with a wet mass of 24.7Mg and a dry mass of 7Mg was required to deliver the LSAM to LLO. An upper stage with a wet mass of 2.3Mg for the initial launch and 1.8Mg on subsequent launches and a fixed dry mass of 2Mg was required to transfer the LSAM and SEP spacecraft from CaLV orbit to LEO.
It was estimated that the mass delivered to CaLV orbit for this system would be 67.6Mg for the initial launch and 60.5Mg on subsequent launches. The launch mass for subsequent launches includes the mass of the LSAM, SEP spacecraft propellant, and the mass of a replacement SEP propulsion system should it be necessary to replace the Hall thrusters to meet mission throughput requirements. Based on the estimated launch masses, the CaLV would be capable of delivering one or possibly two of these systems per launch. A growth phase EELV, such as the Atlas Phase 3A (ESAS LV11, 93.8Mg to CaLV orbit) or the Atlas Phase 2 (ESAS LV10, 62.6Mg to CaLV orbit), may be used as more cost effective options for completing these missions. It is assumed that since half of the CaLV's capability is required for subsequent launches, the launch cost could be shared with another payload. 
S. Analysis of an Electrically Propelled Cargo Delivery System for Pre-Positioning of Manned LSAMs
One potential benefit of using an electrically propelled cargo delivery system, is a reduction in the LSAM delta V requirement. Because LOI is performed by the SEP spacecraft, the LSAM delta V can be reduced from the ESAS proposed 3290m/s to only 1900m/s. This reduction in delta V allows the development of a less massive LSAM. The mass of an LSAM using N2O4/UDMH storable propellants was estimated. A specific impulse of 311s, matching the performance of the Apollo LM 12 , was chosen for the study. A cargo mass of 10.7Mg was selected to account for a 10.2Mg ascent stage and 0.5Mg of cargo as shown in the ESAS report as LSAM "Combined" concept (p.164 of Reference 4). The dry mass (including cargo) of this LSAM was estimated to be 15.5Mg and the wet mass LSAM was estimated to be 28.9Mg as shown in Table 11 . This mass is well below the 40.7Mg estimated by the ESAS. This analysis shows that by using an electrically propelled cargo delivery system the total mass of the human LSAM can be substantially reduced. Using storable propellants as was done during Apollo, the cost to develop the LSAM may be reduced and the resulting LSAM can be easily pre-positioned for long periods. The mass of the LSAM is so low in fact, that it may be possible to launch the LSAM to LEO using small launch vehicles defined in the ESAS report such as the Atlas V heavy (ESAS LV2, capable of 30Mg to CaLV orbit) or possibly the CLV if the LSAM mass could be reduced further.
Another major impact of pre-positioning the LSAM with a SEP spacecraft is that the IMLEO for crewed missions could potentially be reduced enough enable a single launch solution. An initial launch of the SEP spacecraft and LSAM would precede the first crew launch in order to pre-position the LSAM. This mission is shown in Table 12 . The elements of the cargo system would include an LSAM, SEP spacecraft, and an upper stage to move the SEP spacecraft and LSAM from CaLV orbit to LEO. Because the LSAM mass for crewed missions fits within the LSAM mass calculated for 15Mg cargo missions, the upper stage and SEP spacecraft from the 15Mg electrically propelled cargo system were used so that no additional hardware development would be required to support crewed missions. Since the LSAM mass is lower than that required for 15Mg missions, the resulting trip time was 234d as compared to 363d for 15Mg payloads. Since the total mass delivered to CaLV orbit is only half of the CaLV capability, it was assumed that the cost of the launch vehicle would be shared with another payload.
The cargo portion of subsequent launches would include an upper stage, LSAM, SEP spacecraft propellant, and a replacement SEP propulsion system should it be needed. The crew could be launched from the same CaLV as the cargo and the stages would split in CaLV orbit with the cargo portion transferring to LEO to be picked up by the returning SEP spacecraft and the crew portion transferring directly to LLO. This mission is summarized in Table 13 . The elements of the crew system would include the CEV with a total mass of 25Mg (based on the launch capability of the CLV shown on p.42 of Reference 4) and a EDS stage with a specific impulse of 452s to perform a delta V of 4080m/s for transfer from CaLV orbit to LLO (from Table 3 ). The CEV includes a service module that performs the Earth transit phase, so no additional stages would be needed to complete a round trip, crewed mission.
Based on this analysis, the total mass delivered to CaLV orbit for a crewed mission would be 118.3Mg. The major observations here are that the total mass is less than the CaLV's projected capability of 125Mg (p.46 of Reference 4) enabling a single launch solution, the LSAM uses storable propellants, and Earth orbit rendezvous has been eliminated. If these payloads could fit within the CaLV faring, this system enables a single launch solution for each crewed mission after the pre-deployment of one SEP spacecraft and one LSAM. 
VII. Comparison of Modern Designs for Chemical and Electric Cargo Delivery Systems
The ESAS report identified eight payloads under 2Mg and four payloads over 10Mg in addition to human crews. The ESAS architecture requires two launches per human lunar mission and one launch per cargo mission. A summary of ESAS cargo delivery systems, notional all chemical cargo delivery systems, and notional electrically propelled cargo delivery systems are shown in Table 14 . It can be seen in this table that, like the GE study, modern electrically propelled cargo delivery systems can reduce the launch mass required for cargo delivery by >1.5X compared to all chemical systems. Looking only at the cost of launch, and penalizing the electrically propelled systems for the cost of the SEP spacecraft, the total cost savings after completion of the ESAS proposed lunar outpost is 36$M at a minimum, assuming a SEP spacecraft is only implemented for 2Mg missions. Savings >3.2$B are possible if SEP spacecraft are implemented for both 2Mg and 15Mg cargo missions. These cost savings continue to increase, as more cargo deliveries are required to sustain lunar operations. Implementation of the electrically propelled cargo delivery system requires no additional development above the ESAS recommended items other than a SEP spacecraft and possibly a small lander if it was decided to send 2Mg cargo separately from the crew.
It is important to note that the ESAS report references several studies that found electrically propelled spacecraft to be a key component of space exploration:
• It is also important to note that many of the technology developments required for the SEP spacecraft are synergistic with ESAS recommendations for technology development. The ESAS recommended technology developments (p.54 of Reference 4) and their application to the SEP spacecraft are shown in Table 15 . The development of systems that convert water in-situ into LOX/LH2 propellant is also of interest to the ESAS architecture, but most of the ESAS baseline spacecraft are power limited, thus prohibiting this option. While this study has assumed a lander based on storable propellants, the amount of power available on the SEP spacecraft is more than sufficient to convert water into LOX/LH2 in LLO, which could potentially allow the SEP system to support LOX/LH2 landers. Using a LOX/LH2 lander in an electrically propelled cargo delivery system would increase the efficiency of the system beyond what is shown in this study possibly resulting in an even larger cost savings. 
T. GE SEP Spacecraft Concept
The GE concept SEP cargo spacecraft is shown in Figure 6 . This concept used mercury propelled ion thrusters such as the 1.5m diameter ion thruster tested at NASA Glenn Research Center in the 1960's. 14 The GE study showed a very basic mass model, which only defined the mass of the solar array, ion thruster, and propellant systems. Three of GE's concepts are shown in Table 16 . 
U. Aerojet SEP Spacecraft Concept
In 2006, Aerojet concluded NASA contracted studies that developed a concept for an electrically propelled cargo spacecraft to support lunar cargo missions. 1 The basic concept spacecraft, shown in Figure 7 with the solar arrays truncated, included a primary truss structure with two solar array wings attached at one end. This spacecraft would carry cargo at the solar array end of the truss. An array of Hall thrusters was attached to the truss on the end opposite the solar arrays. This was done to mitigate the effects of the Hall thruster plume on the solar arrays, which potentially include erosion of solar array surfaces and parasitic power loss due to current conduction between the solar arrays, thruster plume, and ambient space plasma. Figure 8 shows how a 600kW SEP spacecraft would fit into the payload fairing of an EELV such as the Delta IV. Toward the end of the studies, it was also decided that steering could be best performed by the electric thrusters if two or more thrusters were positioned off centerline. The studies also looked at the logistics of operating the SEP spacecraft including showing that the global supply chain for xenon could easily produce an additional 20Mg or more of xenon per year without adding new facilities. 
V. SEP Spacecraft Comparison
The SEP spacecraft from the GE and the Aerojet studies are very similar in appearance. Each spacecraft has two solar arrays connected to a central structure with electric thrusters at the aft end of the structure. The Aerojet studies found that it is preferable to position the electric thrusters well aft of the solar arrays to mitigate any possible plume effects. The Aerojet studies also found that it is preferable to mount two pallets of thrusters off axis to enable roll control by the main thrusters. Table 17 shows just some of the major technological advancements made in the last 40 years that make this system feasible and affordable today. It should be noted here that modern ion thrusters are more efficient than the thrusters used in the GE study and that Hall thrusters were selected for this study based on the assumption that the specific impulses required for these missions would be more suitable for Hall thrusters. Modern ion thrusters may also be used for completing the missions in this study, but this possibility was not analyzed. The GE spacecraft used mercury ion thrusters with very low TRL (because ion thrusters had just been developed) whereas this study is able to benefit from the last 40 years of research, using non-toxic xenon propellant, and efficient Hall thrusters at TRL 4-5. The impact of using modern day Hall thrusters is that the power level of the spacecraft can be reduced substantially, while maintaining trip time. This reduction in power level, coupled with today's lower cost of solar arrays, greatly reduces the cost of the SEP spacecraft making it much more affordable today. The cost metric for the GE solar arrays, shown in Table 17 , is estimated from the study's text and adjusted for inflation. Other advancements in solar array technology have increased the areal power density of solar arrays substantially, allowing a much smaller array for a given power level. This advancement allows the arrays to be assembled prior to launch, as opposed to on orbit as the GE study had planned. While the GE study focused on delivering a maximum amount of payload for a given launch vehicle, this study was focused at reducing launch mass to allow a more diverse set of options for the launch vehicle. Since the laws of physics have not changed in the last 40 years, it is not surprising that the GE study found that for massive cargo missions a 2X increase in payload could be obtained while this study found that a 2X decrease in IMLEO could be obtained for similar massive cargo missions. Table 18 shows the mass budget for a SEP spacecraft supporting the 2Mg cargo missions from Section Q. The SEP spacecraft makes uses of present technology to complete this mission. Comparing the solar arrays of the SEP spacecraft to the ISS solar arrays, the power level of the SEP spacecraft is higher than that of both the US SAW 4A and 4B onboard the ISS, a combined 77kW of solar power. However, the total area of the arrays on the SEP spacecraft is estimated to be 326m 2 , which is less than the 378m 2 area of either ISS solar array wing. 15, 16, 17 The reduction in solar array area is due to the advancements in solar array technology since the ISS solar arrays were developed. It was calculated that the minimum altitude for this spacecraft to maintain a thrust to drag ratio of 10 was below the LEO selected for this study. The cost of the solar array is estimated be the majority of the cost of the spacecraft. If conventional flat panel arrays were used, the cost for this array is estimated to be 39$M assuming a cost of 400$/W 18 . If stretched lens arrays, similar to the solar arrays used on NASA's Deep Space 1 Mission, were used the cost of this array would drop to an estimated 29$M assuming a cost of 300$/W. 19 Multiplying the cost of the arrays by 1.5 yields an estimated SEP spacecraft cost of 44$M. At this power level, two NASA-457M Hall thrusters are more than sufficient to meet the mission throughput requirements. In 2002, NASA tested a laboratory model of the NASA-457M at power levels between 9 and 72kW. Specific impulses between 1700 and 3300s and efficiencies between 0.45 and 0.65 were demonstrated during the tests. At a specific impulse of 3000s an efficiency of over 0.6 was demonstrated, which meets or exceeds the requirements for the 2Mg cargo mission. 20 In 2004, an engineering model of the NASA-457M was designed and tested, raising the technology to TRL 4. Table 19 shows the mass budget for a SEP spacecraft supporting the 15Mg cargo missions from Section R. The SEP spacecraft for this mission requires 505kW, which is a substantial amount of solar power. Using presently available technology, the solar array area required to produce this amount of power is estimated to be 1486m 2 . The area of solar array calculated for the SEP spacecraft is twice the area of the solar arrays presently deployed on the ISS, but only half of the planned array area of the ISS. 15, 17 The estimated cost of stretched lens arrays at this power level is 152$M, yielding an estimated SEP spacecraft cost of 228$M using the 1.5X cost model. While development of a 150 to 250kW class Hall thruster would be optimal for this spacecraft, ten or fewer NASA 457M Hall thrusters could easily meet the mission requirements. 
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X. SEP Spacecraft for 15Mg Cargo Missions
IX. Conclusion and Further Work
Two teams 40 years apart have arrived at the same result: electrically propelled cargo delivery systems can double the cargo mass or halve the launched mass of lunar cargo missions compared to all-chemical systems and reduce the overall cost of delivering cargo to the surface of the Moon. The ESAS report notes several references that show electrically propelled spacecraft are necessary for humanity's long-term operations in space. This study has shown the cost savings, system flexibly, and large reduction in launched mass that are enabled by including SEP spacecraft NASA's lunar architecture. This study has shown the consistency of results over a 40 year timeframe and the present practicality of electrically propelled cargo delivery systems due to the technological improvements that have been made in the last 40 years. Finally, this study has shown that many of the technologies in SEP spacecraft are synergistic with the ESAS recommended technology development roadmap.
High power SEP spacecraft will eventually be launched. Further work can be done to move these spacecraft closer to the launch pad. Further development is required to flight qualify high power Hall thrusters and stretched lens array technology, both of which bring significant improvements over the present state of the art in SEP spacecraft. Analysis is needed to determine if this system could support the conversion of water into LOX/LH2 propellant for landers, as this will increase the systems' efficiency, further decreasing launch costs. Studies should be conducted to refine the cost estimates used in this study verify the magnitude of the cost savings that could be realized by implementing an electrically propelled cargo delivery system. Lastly, analysis should be performed to determine what synergies the SEP spacecraft shown in this study, capable of >16km/s delta V, have with other missions such as sending payloads to Mars and orbit raising and satellite disposal for DoD and commercial satellites.
